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Abstract

The paper presents reduced order results for three different realistic scenarios with respect to
the damage tolerance behaviour. The scenarios are dedicated to stiffened structures and feature the fuselage
side panel, the upper fuselage panel and a lower wing panel. A wide range of parameter variations
is discussed and the influence on the inspection interval is shown. Results may be used both in preliminary
aircraft design and structural optimisation.
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1. INTRODUCTION

New aircraft concepts, which make use of new, sustainable energy types, will all require low
structural mass, owing to density problems in energy storage or energy cost. Such questions have
to be checked beforechand in the preliminary design phase to prove feasibility, whether this is in
the preliminary concept phase or structural optimisation. One of the obstacles in preliminary design
optimisation is the computational effort needed to find reliable results. Therefore, damage tolerance
issues are often neglected, although a larger part of the primary structure is sized according to damage
tolerance criteria, since they require considerable computational effort, if complex structural items are
under scrutiny.

This paper shows a way to provide low-effort damage tolerance results for complex structural items
by means of reduced order methods. This is shown by three examples. These basic scenarios are all
dedicated to stiffened structures, as these are firstly one of the most relevant in aircraft, and secondly,
the effort to calculate residual strength and inspection intervals is considerable. Therefore, reduced
effort models are required in preliminary design. The models are holistic in the way that they include
the influence of many parameters, but since an extremely high number of parameters come up for
the scenarios discussed, it has been decided to reduce the dimension of the parameter space by
neglecting parameters which proved to be of low impact. Three different typical locations of such
structural elements are considered, namely a fuselage side panel, the upper fuselage panel and a lower
wing panel. All cases show very different design parameters, e.g., stiffener design and pitch, as well as
typical load sequences. The influence of load sequences may be an interesting subject for further

This work is licensed under a Creative Commons Attribution-NonCommercial-NoDerivatives 4.0 International License.
* Corresponding Author: fa.runge@tu-braunschweig.de

ARTICLE HISTORY Received 2022-01-18 Revised 2022-03-03 Accepted 2022-06-20


https://creativecommons.org/licenses/by-nc-nd/4.0/
https://orcid.org/0000-0003-3433-2057
https://orcid.org/0000-0003-1827-1928
https://orcid.org/0000-0002-2828-5656
https://orcid.org/0000-0002-8638-7036
https://orcid.org/0000-0003-1904-4719
https://orcid.org/0000-0002-4215-7781

2 M. ROHDENBURG, E RUNGE, M. HAUPT ET AL.

investigations, for instance in conjunction with new electronic flight control measures etc. This is not
covered in this paper, but the examples show that such influences could be investigated by the method
shown, too (see Section 4.3).

The basis of the model is a semi-analytical simulation of cracks in a stiffened structure to evaluate
stress intensity factors (SIFs). Based on these factors, crack growth and residual strength may be
determined, considering sequence effects via the Wheeler retardation model [1]. Where necessary,
the effect of bulging is considered as well. Based on this model, many scenarios are calculated, where
many design parameters are systematically varied; this includes material parameters, too. It is still an
open point as to whether it is possible to jointly model different material results. Several criteria, e.g.,
1-bay and 2-bay cracks, are taken into account. In total, a multi-dimensional matrix of results is found,
which may be used to assess damage tolerance behaviour of structures in preliminary design.

Several semi-numerical models have been developed over the years. Early versions date back as far
as the 60s. Well-known is the one by Poe [2], which already includes the main ideas behind the current
models. The model used to evaluate SIFs in this paper was proposed by Nishimura [3]. Correction
factors for bulging in pressurised stiffened structures have been shown by Chen [4]. There exists a vast
literature on preliminary aircraft design optimisation as well as structural optimisation. Preliminary or
conceptual aircraft design ranges from statistical based methods for instance [5] to physically based
methods for the different disciplines [6]. But even the highly sophisticated physically based methods
do not include fatigue and damage tolerance issues due to the high computational effort. Structural
optimisation is a widely developed area with many special directions of special interest [7]; but even
very sophisticated ones such as Hansen and Horst [8] do not include damage tolerance in depth, but
use for instance allowable stresses at 1 g instead, which is a very coarse way to do it. Several methods
to reduce models exist, as well as software tools to facilitate them. A few points concerning such tools
are given in Section 3.5. In literature also, some sources are found dealing with reduced order models
for crack propagation issues [9]. What is not found are cases where the applied problem of damage
tolerance with a combination of criteria is handled.

2. SCENARIOS

The paper discusses three basic scenarios, all covering typical principle structural elements, and likely
to trigger the structural sizing of aircraft substantially, especially with regard to damage tolerance
requirements. They are therefore quite suitable to serve as examples acting as input for later use in
structural optimisation or sizing in conceptual design studies. The three scenarios are (see Fig. 1):

e Scenario 1: longitudinal fuselage crack (e.g., in a side panel)
e Scenario 2: circumferential crack in the crown area of a fuselage
e Scenario 3: chordwise crack in the lower wing panel

Scenario Il

/—{ Scenario Il

Scenario |

Figure 1. Location of the three scenarios.



HOLISTIC LOW-EFFORT MODEL FOR DAMAGE TOLERANCE... 3

All scenarios feature stiffened structures, as they are usual in transport aircraft. In this paper only
differential stiffener designs are discussed, but this does not limit the applicability of the calculation
method; indeed it could easily be extended to integrally stiffened designs [10-12]. One crucial
characteristic of the three different scenarios is the very dissimilar type of load histories to be expected.
This was one of the questions raised by the project partners. While Scenario 1 will feature nearly
constant amplitude loading, Scenario 2 is characterised by a ground-air-ground (GAG) cycle, and
Scenario 3 is a good example of variable amplitude loading, where retardation plays a key role.

Furthermore, the three scenarios differ considerably in the parameters specifying stiffening of
the panels. While in Scenario 1 typical frame pitches are usually in the order of 2500 mm, typical
stringer pitches in the fuselage crown area are in the order of 200 mm. Stringer pitches in lower wing
panels are usually quite small compared to the fuselage case. In addition, also the stiffener/skin area
ratio is relatively low for the first two scenarios compared to the third case [for definition, see Eq. (1)].

Apart from the stiffener pitch b in Fig. 2, many further parameters have to be specified, and form
to a certain extent the possible dimensions of response surfaces or input of neural networks. Apart
from those depicted in Fig. 2, there are the Young’s modulus of skin and stiffeners, rivet diameter,
cracked or uncracked central stiffener and the loading of the stiffeners o, — but also parameters such
as the fuselage radius R which has to be distinguished from the stress ratio R in case of Scenario 1.
A rivet diameter of 4 mm and a rivet spacing of y, = 20 mm are used throughout the following
calculations. To reduce the parameters discussed in this paper, 0, and o are assumed to be equal and
are referred to as o in the following.
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Figure 2. Stiffened panel modelling parameters (0, — remote stress in the plate, t,— plate thickness,

t; — stiffener thickness, W, — stiffener width, b — stiffener pitch, a — half crack length, y, — rivet pitch);
stringer and plate with Young’s modulus £ and E,,, respectively.

All cases considered here are single crack cases. Multiple site damage is not covered. Apart from
the case of a central crack under an intact or broken stiffener, the case of a central crack between two
intact stiffeners is accounted for. The case of a continuously cracking stiffener has not been considered
in this paper. The stiffener ratio is defined by
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- . (1)
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This definition may differ from some used in industry, but it is very clear for this case. Without loss
of generality, standard 2024 T3 aluminium alloy has been used throughout this paper.

2.1. Scenario 1: longitudinal fuselage crack

From a loads point of view Scenario 1 is extremely simple; as mentioned above, it is pure constant
amplitude loading at a stress ratio R = 0. Nevertheless, this scenario is often essential for the minimum
skin thickness sizing in conjunction with frame dimensions and pitch. Both, crack growth and critical
length, are of interest, as well as the integrity of the stiffeners. Since at least the frame pitch is usually
kept constant along a given fuselage, this scenario is of global interest for the design, particularly in
the overall design optimisation.

Loading is completely based on hoop stress o, from internal pressure differential Ap [Eq. (2)] and
the stress increase between frames due to bulging (see Section 3.4). The influence of the frames may
be accounted for by well-known equations from Fliigge [13] or detailed finite element simulations.

c=Ap-— )

Where not stated otherwise, in this paper the parameter values given in Table 1 have been used in
Scenario 1 simulations.
Table 1. Parameter intervals Scenario 1.

Parameter |Interval |Unit

by 500-650 | mm

bWty [0.1-03 |-

o 80-120 |[MPa
P 0.057 MPa
R 0.0 -

Limit load 1.15 MPa
Adet 37.5 mm

2.2. Scenario 2: circumferential crack in the crown area of a fuselage

Scenario 2 bears a more complex load sequence. GAG cycles of the fuselage crown area primarily
include three parts: First, the part owing to internal pressure, i.e., half the hoop stress. Second, normal
stress from fuselage bending under 1 g-loading, where the amount will heavily depend on the distance
of the actual damage site from the responsible main frame. In addition, loads from vertical gust or
manoeuvre are playing a role (see for instance the well-known report by Broek [14]). A typical load
history as used for Scenario 2 is shown in Fig. 3a.
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Figure 3. GAG cycles. (a) Typical load history for Scenario 2. (b) Load history for Scenario 3.

For the determination of the normal stresses for Scenario 2 an approach has been adopted based on
the procedure in Broek et al. [14] and RAPID Manual [15]. Firstly, acceleration levels for the centre of
gravity during pre-flight taxiing, climb, cruise, descent, landing impact and post-flight taxiing have been
taken from RAPID Manual [15], and these have been obtained from NASA measurements [16].
Accelerations due to vertical gusts are determined by calculating the change in lift AL due to the vertical
gust speed w,, via

AL P gdC W) .
2 da vV

with the air density p, flight speed V, reference area S, the global lift coefficient C4, the angle of attack
a and the velocity of the airplane w(f) due to the vertical gust. Generally, a gust alleviation factor

K, ()= @

may be introduced into Eq. (3); see Gudmundsson [17]. The gust alleviation factor accounts for the fact
that the change in lift does not happen instantly. Here the conservative case is assumed, by setting w(?)
to zero. With known parameters of an aircraft configuration during the preliminary design phase, e.g.,
operating aircraft mass, fuel mass, flight height and geometrical information (such as fuselage radius,
fuselage, reference area and landing gear positions), the bending moment of the fuselage for an arbitrary
crack location along the longitudinal axis of the fuselage is calculated for a BAE 146-like configuration.
The mass distribution is assumed to be constant for the fuselage in front of and behind the wing.
Depending on the data provided within the preliminary design, the mass distribution could be modelled
more accurately resulting in a more realistic bending moment M. By utilising typical design parameters
for Scenario 2, e.g., skin thickness, stringer thickness and pitch, see Table 2, the second moment of area
I for a simplified fuselage section is obtained for the calculation of the bending stress. The loads are
assumed to be stationary (as in Broek et al. [14]), i.e., the acceleration levels cause a stationary bending
line of the fuselage. Table 2 summarises the data used for the calculations.
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Table 2. Parameter intervals Scenario 2.

Parameter | Interval Unit
by 100.0-250.0 | mm
6 1.0-3.0 mm
t/tp 1.0-1.5 -

o GAG MPa
R GAG -
Adet 37.5 mm
W 10.0 mm

This scenario is often responsible for sizing of the crown area of fuselages, and therefore it makes
sense to include it here. Clearly, the load sequence will have an impact on the crack propagation, although
it may not be as pronounced as in Scenario 3.

2.3. Scenario 3: chordwise crack in the lower wing panel

In contrast to the fuselage with a high inertia and a pressurisation leading to similar mean stresses
each flight, wing loads are very well-known for highly variable amplitude sequences. Therefore, it makes
sense to look more closely at these and to take retardation into account. In addition, skin thickness is
usually much higher in the wing root area than at the fuselage. Parameters used in the calculations are
summarised in Table 2.

To account for the very dynamic behaviour of the wing, load calculation for the wing is not solely
based on centre of gravity measurements in contrast to Scenario 2. Hence the GAG cycle used here for
the wing root of the lower panel is obtained from a load estimator. The load estimator was developed
and applied in the frame of the German Luftfahrtforschungsprogramm (LuFo) project OMAHA by
IBK-Innovation GmbH & Co. together with the DLR Oberpfaffenhofen in the context of load
alleviation functions. The estimator splits up into two components. Firstly, an estimator for the inertial
load increment based on corresponding formulas and look-up tables covering rigid body motion.
Secondly, an estimator for the aerodynamic load increment as well as loads due to flexibility effects
based on an Adaptive-Network-based Fuzzy Inference System (ANFIS) [18]. In this type of network,
a set of so-called fuzzy rules is applied to perform a non-linear interpolation between multiple local
approximations (least-square). For training of the ANFIS model a large set of trim simulations is used,
which are chosen in a way that the room of hyper-parameters (angle of attack, body rates, Mach number,
etc.) is well covered. In the investigations, the trim simulations have been performed for the JTI-XRF1
model, which is a theoretical aircraft model provided by AIRBUS. For damage tolerance analyses shown
here, only a single flight from the in-service recordings of a regional jet is used [19]. (The recordings
contain data of commercial service over a 3-year period for a single jet type, but are not utilised here.)
The flight duration is 4.5 h. The flight regime of the two different aircraft is adapted by scaling factors
on the Mach number and the dynamic pressure, and a load scaling is realised via the ratio of the masses
(maximum take-off weight) for the inertial load increment and the ratio of the wing reference areas for
the aerodynamic contribution.
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The wing root bending moment used for the calculation of the bending stresses for Scenario 3 is
shown in Fig. 3b. The second moment of area is / calculated for a simplified rectangular 2-spar wing
box with a width of 2,500 mm and height of 580 mm. The bending moment history is explained by
changes in climb rates, manoeuvres and gusts. Ground loads are not included in the GAG cycle.
However, an average ground case usually will not cause significant crack growth, because the mean stress
of the lower wing panel on the ground is negative (pressure). Additionally, crack growth due to ground
loads is slowed down due to retardation effects caused by the tension stress from the flight phase.

Table 3. Parameter intervals Scenario 3.

Parameter | Interval Unit
by 80.0-150.0 | mm
Iy 6.0-10.0 mm
ts/tp 1.0-1.5 -

o GAG MPa
R GAG -
Adet 37.5 mm
W 10.0 mm

2.4 Criteria

Many variables may be used to represent results of the calculations and in turn, the output of
the response surface or neural network models. With respect to the use in optimisation loops, it seems
to be realistic to use two types of data, first, the inspection interval and second, the critical crack length
(or the critical stress for a given crack length).

The inspection interval is defined in the way that the number of flight cycles between a defined
detectable half crack length ag,; and the critical half crack length during crack growth is divided by
a scatter factor. In this paper a scatter factor of 2 is utilised. A different one may be used instead, but
this would not alter the character of the results.

The critical crack length is evaluated by means of comparison of the critical SIF K, and the current
maximum stress, which depends on the thickness. Making an assumption for the expectable limit load
and comparing against it would decrease the calculated inspection intervals shown in the following.
However, this does not change the relationship of the results among each other because the stress
at limit load is again a function of the thickness, i.e., a thicker structure will still have a lower stress at
limit load, which is the same relationship as in the approach chosen here. Refer to Section 3 for
the calculation of the crack growth.

Since stiffened structures are investigated here, it is necessary to specify which type of residual
strength requirement is used. In all cases it is required that the residual strength is high enough to
allow that the crack tips will reach the next intact stiffeners. This means that for cases with a central
crack between two intact stiffeners a so-called 1-bay-crack criterion is used, while for cases where
|a central crack is located under an intact or cracked stiffener, a 2-bay-crack criterion is used (which is
of course much harder to reach). This second case is shown in Fig. 2. The question which criterion
is applied may be subject to discussions.
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An example may illustrate typical data. Figure 4 presents crack growth curves for a Scenario 1 case,
where the crack is located under a central frame. The frame pitch b is 520 mm, and frame width and
thickness are 30 mm and 4 mm, respectively. The skin panel thickness #, is 2 mm, and the fuselage
pressure differential Ap is 0 MPa at ground level and 0.057 MPa in flight, leading to corresponding hoop
stresses. Figure 4 shows three bundles of crack growth curves, which are related to three different fuselage
radii, and each include the effect of changing Young’s moduli. The right-hand bundle (Rr=1,800 mm)
exhibits a typical bend in the curves, indicating the influence of the adjacent frames (shown as grey line).
When the crack tip reaches the vicinity of the frames, crack growth slows down. In the case of the two
left-hand bundles, crack growth becomes so fast, that a critical situation is reached before the next frames
are reached. Hence, these are cases where the 2-bay crack criterion is not fulfilled.
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7004 R¢ = 2300 mm
— - Ry =2800 mm
600 | ™ Esiin = 68000 MPa
B Egyin = 70000 MPa
E W Egy, = 72000 MPa
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< W Egy, = 76000 MPa
5 400
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Figure 4. Crack growth curves for Scenario 1, where b, = 520 mm, g, =0.115, t,= 2 mm and Ap=0.057 MPa.
3. DAMAGE TOLERANCE MODEL

3.1 Stress intensity factors

Damage tolerance behaviour is calculated throughout this paper based on SIFs; these consist of
the applied stress o, the half crack length a and a correction factor § as standard

K =opra. (5)

The correction factor f = f, f;, ... describes geometrical conditions as well as technical conditions
originating, e.g., from manufacturing. To calculate crack growth induced by cyclic loading, a simple but
nowadays widely used model was proposed by Forman [20], considering the stress ratio R:

da _ C-AK" ©
dN  (1-R)K,-AK

where N is the number of cycles and C and m are material parameters estimated by regression of test
measurements for constant amplitude loading.
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3.2. SIFs for stiffened structures

A suitable calculation method for SIFs of cracks in stiffened panels is required so that crack growth
and critical crack length may be calculated. The stiffeners usually have a retarding effect on the crack
growth and also increase the residual strength for cases where the crack tip is in the vicinity of
the stiffeners. The semi-analytical SIF calculation method suggested by Nishimura [3] is used, which
is based on compatible displacements between the sheet, stiffener and rivets. The displacement at
point i of the plate

v, =240+ Bo )
J
and point 7 of the stringer
E
vi=> 4 ,0/+B 7 ° (®)
J P

depends on the remote stress o and the unit rivet force O;* at pointj [2]. 4;; and 47 are displacement
contributions due to rivet forces in the plate and in the stringer, where the superscript s indicates
the stringer. B; and B; represent displacements contributions due to remote stress. By requiring
i compatible displacements, a dense linear system of equations is formulated for a truncated number of
rivets

Z(Ai/JFA;)Q/_( i_%BiS}j:O ©

J P

that can be solved for the unknown rivet forces O, which is key for the determination of the SIE.
Preliminary studies to identify an appropriate number of truncated rivets have shown that 20 rivets per
stiffener are sufficient for the SIF calculation throughout the crack growth calculation in order not to
extend the computational effort. The semi-analytical model provides a way for relatively fast computation
of the SIFs, which is useful for parametric studies with many design variables, as needed in this study.
Bug, first, it could be extended to more complex models and second, this model also needs computational
effort owing to the high number of recalculations of the a.m. system of equations. The model assumes
linear elastic material behaviour. An exemplary crack scenario is shown in Fig. 2. The uniaxial remote
stress acts perpendicular to the crack growth. Changes in crack growth directions due to mixed mode
loading are not considered. The stress acts in the middle plane of the sheet and stiffeners, i.e., that
bending stiffness is zero, although the effect of the eccentricity of the stiffeners could be accounted for
with methods proposed, e.g., by Swift [21].

3.3 Retardation

For variable amplitude stress histories, as experienced during aircraft operation, load interactions
play an important role when investigating crack growth behaviour. An overload in the load sequence
of a metallic component may have a positive effect on the remaining usage life (RUL), which is known
as retardation. The crack growth rate is increased for the overload cycle itself, but the subsequent crack
growth is decelerated due to the overload. The relatively simple Wheeler retardation model [1] has
been applied in this paper; it assumes that residual stresses in front of the crack tip are responsible for
the retardation effect [22]. A retardation factor
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C, =[;j (10)
a,+r,—a,

o

is calculated from the crack size a, and plastic zone size 7, at the overload with the current crack size a,
and the plastic zone size 7. m,, is an empirical retardation exponent that depends on the spectrum [23].
The retardation exponent is defined as m,, = 1 for all calculations in this paper, because choosing m,, with
respect to the spectrum does not change the character of the results. According to the Wheeler model,
the retardation is highest directly after the overload. The retardation effect diminishes when the crack
grows within the plastic zone and vanishes as soon as the crack tip has grown out of the plastic zone. More
sophisticated models are available, but their usage here would exceed the limitations of the paper.

3.4 Bulging

In pressurised vessels, the internal pressure acting on crack edges results in out-of-plane deformation,
so-called bulging.

This causes higher effective SIFs for longitudinal cracks, and in turn higher crack growth rates.
To account for this, the bulging factor f, is introduced. A minimum value of this factor equal to 1.0 is
assumed at frame positions, as the frame presumably mitigates bulging, and takes its maximum value
between two frames. It has been shown by Chen [4] that Eqs (11) and (12) agree well with finite element
results for aircraft structures.

E t,a R
Bomy = 14— L anh| 00672 |24 |14 cos 274 (11)
by 67 R2Ap 180y +10 t, \E,t, b,

S b5 Apb, 4a
Biobey = 1+ £2 tanh 006— l+cos| | 1—-— (12)
e 61 RAp «/180;{ 10 4E ¢ b

3.5 Response surface methodology (RSM)

As the simulation runtime is quite large from a preliminary design optimisation point of view,
measures have to be taken to reduce computational effort. One approach is omitting the costly
recalculation of SIFs where feasible, e.g., at the beginning, when crack growth is small. This improves
runtimes considerably. Nevertheless, the 6,545 simulations conducted to create Fig. 5 take approximately
1 h to calculate in parallel on 20 cores for this simple scenario. To reduce calculation time to a minimum,
response surfaces are utilised. These model the relationship of input variables to output variables based
on prior simulations, trading computing time for accuracy. Several variables could be modelled by such
RSM. The two main points of interest chosen here are firstly the admissibility of the configuration
(e.g., via the 2-bay-crack criterion) and secondly the load cycles endured. The admission of a configuration
is a classification problem, which can be modelled, e.g., via support vector classification (SVC).
As the decision surface is non-linear, a radial basis function (RBF) kernel is chosen. Predicting the load
cycles endured is a regression problem, as a continuous response to input parameters is to be found.
This can be modelled with, e.g., a linear regression, even though the response surface is again non-linear.
For this the polynomial features — mixed as well as higher order terms — have to be substituted, yielding
a multivariate linear regression for each parameter. To mitigate skewed results due to the big differences
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in input parameter scales, the substituted parameters are normalised after the fact. In all response surface
studies in this paper the implementations of scikit-learn 0.24.2 [24] have been used.
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Figure 5. Scatter plot matrix showing parameter relationships, Scenario 1.
4. RESULTS

The results for the three a.m. scenarios are discussed in the forthcoming sub-sections.

4.1 Scenario 1

As mentioned already in the introduction, it makes sense to carry out some kind of importance
sampling in order to reduce the number of dimensions of parameter space. In Fig. 5 all simulations runs
for Scenario 1 are represented by a dot, showing the influence of each parameter on half crack length (a)
and load cycles endured (LC). This scatter plot matrix may be used to decide on parameter importance.
By far the most important parameter is the hoop stress, which has large impact on crack length as well
as load cycles endured. As is to be expected, the less stress is applied to the structure, the more cycles can
be endured. Less of an impact on crack length but on load cycles have the fuselage radius and the stiffener
ratio (see Fig. 8 for details). In turn, the frame pitch has little impact on load cycles, whereas crack lengths
can be higher with larger frame pitch. From the whitespace around frame positions in all crack length
diagrams (upper row Fig. 5) it can be seen that critical crack growth is not reached in the vicinity of
frames. This implicitly also shows the simulations not fulfilling the 2-bay-crack criterion. As the two
density plots show, most of the simulated parameter combinations do not.

To capture the above classification observations, the SVC model introduced in Section 3.5 is trained
using the presented data. The predicted probability of admission P regarding the 2-bay-crack criterion
is shown in Fig. 6, the simulation values (‘ground truth’) are superimposed in red. The decision surface
is shown as a black line. Although only an exemplary section at g, = 0.2 and ¢ 60 MPa is shown for
reasons of available space in this paper, the whole parameter space is modelled and can be viewed alike.
Testing the model on a testing dataset not included in the training dataset, the mean prediction accuracy
is approximately 99%. Likewise, admission predictions according to an inspection interval criterion are
possible. Figure 7 shows the admission probability as before, but for an inspection interval of 16,000
cycles (already factoring in the scatter factor). This criterion is fulfilled even at comparatively high hoop
stress. The graphs display the decision surface at ¢ = 110 MPa with varying stiffener ratios g;. The mean
prediction accuracy for this use case is approximately 99% as well. From the boundary regions shown it
is clear that the accuracy of the model deteriorates at parameter space boundaries.
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simulation values ‘ground truth’ superimposed in red, filled circles indicating admissible configurations
enduring 16,000 cycles, decision surface in black.

An optimisation for accuracy in this regard is subject to further research, e.g., using points outside
the parameter space of interest for training data (cf. central composite circumscribed design of
experiment). Regression of crack lengths or load cycles endured is more complicated. From Fig. 4 it can
be imagined that each frame in the crack path results in a similar bend in the curves to the one shown,
yielding a smooth stepped function. This means that while cracks reaching no frame at all could be
approximated by a function of degree two, the necessary degree for one frame would be five already.
Unfortunately, higher degree polynomials do not automatically translate to higher accuracy on large
daldN values or better resolution of the steps. Tests have shown that an accuracy of approximately 95%
can be achieved, although the steps are averaged out and thus not reproduced correctly. Rather than
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trying to fit a single high degree function to the complete dataset, the classification approach above is

extended to yield the frame number the crack has reached as presented in Fig. 8.

3000 — 0.300

Stiff.
40 - 0.275

2500 Al
2 - 0.250
2000-!3t igi 3
L 0.225 &
e |§Eii 1 8
51500-! g 19§12 0.200 &
® Bl §it g
. c L 0.175 &
1ooo-0“~.A -~‘,«. =

. . . %
.|lféi 'iﬁ]g; L 0.150
A L
500 1

.““‘ .‘.‘.‘ r0.125

.‘0‘0.... ."000000
- : . : ; : . . . — o100

40 60 80 100 120 40 60 80 100 120

0, / MPa 0p / MPa

Figure 8. Crack length at failure in dependence of hoop stress o and stiffener ratio g, clustering (left)
vs. classification (right) of results by stiffeners reached by crack.

This information is adopted to decide which regression function is used to estimate the parameter of
interest. The clusters (left) show the frames reached by analysing the crack length on the simulation data.
The classification (right) shows the number of frames reached as predicted by SVC. The boundaries of
the parameter subspaces are still not predicted accurately (e.g., around ¢ = 55 MPa, a = 1,000 mm).
Moreover, most of the outliers are not predicted correctly. These can be attributed to calculation
parameters such as step size and can be mitigated, entailing increased calculation times. It is expected that
cycle-by-cycle results of these outliers will be more in line with the classification prediction. Despite these
observations, the classification accuracy is approximately 97%. Polynomials of degree three have been
shown to approximate endured cycles for the first frame sub-space with approximately 98%. This leads
to an overall accuracy of this approach of 95% as well, while maintaining a better representation of
plateaus and better scalability. For future research, the prediction pipeline parts used in the latter approach
will be unified via Gaussian Mixture Regression. A (dis-/continuous) spline (e.g., Non-Uniform Rational
B-Splines) approach is conceivable as well. The stress in the stiffeners is not checked for Scenario 1. While
this does not affect the accuracy of predictions of the RSM, it does lead to unrealistically high crack
lengths, see Figs 5 and 8. By enabling the check, this is eliminated for Scenario 2 and 3.

4.2 Scenario 2

The data used for the load spectrum generation has been taken from centre of gravity measurements
for a narrow wing body configuration, as described in Section 2.2. One single spectrum corresponds to
the loading of a 1.5 h flight. A lifetime of 60,000 flight hours has been assumed, which is equivalent
to 40,000 flights for the investigations done for Scenario 2. The aim for aircraft design in general is
a maximum utilisation of the structure without risking failure of operation critical components. Therefore,
results which indicate a higher inspection interval than 40,000 flights reveal a low material utilisation from
a damage tolerance perspective, i.e., structural mass could be removed, which would make the aircraft
lighter and more efficient.
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Important design variables during the preliminary design phase are stringer pitch b, skin thickness
1, and stringer thickness 7, which have a high influence on the overall aircraft mass. Therefore,
the influence of these design variables on the inspection interval is of interest. In Fig. 9 each red circle
corresponds to a cycle by cycle crack growth simulation including retardation. The crack location is
indicated by the dimensionless coordinate &, where & = 0 and & = 1 refer to a position close to the nose
landing gear and in front of the wing, respectively. The parameter combination is illustrated as
admissible when the crack has reached at least one stringer. The black threshold line surrounds all
inadmissible results. Fig. 9a shows that it is much easier for a 1-bay crack to reach the first stiffener than
for a 2-bay crack, because the distance from the crack tip to the next stiffener is always smaller than by/2
(b, for 2-bay cracks). Therefore, the inspection interval drops significantly for 2-bay-cracks, see Fig. 9b,
and most results are inadmissible at the unconventionally low skin thickness of #, = 2.0 mm, except
when using very small stringer pitches b,. An intact central stringer slows down crack growth, so that
the inspection interval is increased, but usually cannot reduce the SIF enough to prevent critical crack
growth before reaching the stringer. Thus, the admissibility of the results is unchanged.

—— threshold —— threshold
» admissible 3 » admissible 3 5000
; i 55 X . il - X
inadmissible , inadmissible ,
~ } e |
£ € [ a000
a a
) %)
£ £

3000

2000

(@ (b)
Figure 9. Comparison of 1- and 2-bay-cracks for Scenario 2 at & = 1.0, f,=2.0 mm. (a) 1-bay-crack
and (b) 2-bay-crack with intact/broken central stringer.

Figure 10 shows that close to the wing, skin thicknesses above #, = 2.5 mm are required to obtain
admissible configurations for a variety of b;. For ,, = 3.0 mm the inspection interval has increased to well
above 10,000, i.c., one-quarter of the assumed aircraft lifetime. The notable differences between ¢, is
mainly due to the increase of /, which decreases the applied stress 0. A decreasing pitch b, (more densely
spaced stiffeners) increases 7 as well. The second stringer (from the view point of the crack tip) is only
reached for b, 100 mm at £, = 3.0 mm. The influence of single parameter variations on the inspection
interval is shown in Fig. 11 for the 1-bay and 2-bay case. The parameters used for the calculations are
indicated by the bold abscissa value. For Fig. 11A some parameters cause high inspection intervals, which
are not included in the figure. Due to the assumed stationary bending of the fuselage, see Section 2.2,
the stress change is non-linear when varying the crack location, which makes the crack location an
important parameter. The investigated factors in Fig. 11B are scaling factors of the original stresses
associated with gust, manoeuvre, etc. as calculated from the GAG cycle. The inspection interval for a gust
factor of 0.7 is higher than for a gust factor of 0.6. This is due to the retardation effect, which is governed
by the maximum stress in the GAG cycle. For very high gust factors above 1.5, the potential for load
alleviation mechanisms is of interest. The manoeuvre factor curves also emphasise the importance of
operation at slow turn rates. The contribution of the landing factor is negligible here because the GAG
cycle only features mean load measurements with low loads due to landing. Reverse plasticity effects are
not considered within the Wheeler retardation model applied here. In reality, the compressive stresses



HOLISTIC LOW-EFFORT MODEL FOR DAMAGE TOLERANCE... 15

(upwards bending of the fuselage) due to landing loads have a negative impact on the fatigue life.
Furthermore, the landing loads occur shortly after the overload due to the gust, i.e., crack growth is very
slow. The pressure difference of 0.57 bar corresponds to a factor Ap = 1 for the fuselage cabin.
The variation of Ap is interesting, e.g., when the airline wants to change the pressure in the fuselage
cabin for cost reductions or improvement of the cabin comfort while retaining the flight height.
A promising method for the reduction of climate effects due to aircraft traffic is climate optimised routing.
The climate effect due to non-CO, emissions depend on the location and altitude of the emission [25].
Adapting the flight height of about 600 m to avoid formation of contrails is suggested in Schumann et al.
[26]. This would require additional manoeuvres and would lead to changes in Ap of about 5%.
The flight height is also relevant because it increases the stress ratio R. Thus, crack growth is accelerated
because crack closure is aggravated.
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Figure 10. Variation of stringer pitch and thickness ratio for Scenario 2 with crack location at & = 1.0, 2-bay-crack
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4.3 Scenario 3

Again the load spectrum discussed in Section 2.2 is applied as basic data and local stresses are
calculated according to Section 2.3. However, clearly the type of loading, without internal pressure,
as well as the geometry is quite different. Loads with small ranges are omitted via filtering because,
unless for short cracks, these have a marginal impact on crack growth. Subsequently, a 4-point rainflow
counting algorithm of the python package fatpack 0.7.0 is applied to the load signal shown in Fig. 3b.
The fully reversed cycles (red), as required for crack growth calculations, are directly extracted from
the algorithm without intermediate saving in a rainflow matrix. When using rainflow counting
algorithms, the original load sequence is not retained, which is important when using retardation
models; hence modifications of the rainflow algorithm have been suggested, e.g., Anthes [27]. However,
as can be seen in Fig. 3b, the main load sequence relevant for the retardation effect is retained here very

well using the aforementioned algorithm.
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Figure 12. Comparison of 1- and 2-bay-cracks at wing root, #, = 6.5 mm. (a) 1-bay-crack. (b) 2-bay-crack with
intact/broken central stringer.
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Figure 13. Variation of stringer pitch and thickness ratio with crack location at wing root, 2-bay-crack broken
central stringer. (a) ¢, = 8.0 mm (g, = 89-102 MPa) and 8.5 mm (o, = 84-95 MPa).

14
(b) f,=9.0 mm (Omax = 79-90 MPa) — 10.0 mm (0,,,, = 71-81 MPa).

In Figure 12 the 1-bay and 2-bay cracks are compared in the same way as in Fig. 9 for Scenario 2.
Again, the intact central stringer in Fig. 12b does not change the admissibility of the results when a lower
stringer pitch typical for wings is used here. A skin thicknesses 7, of 7.0 mm maximally has an inspection
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interval of 800 for the parameter ranges of pitch b and ¢/, shown in Fig. 13. A service interval of at
least 4,000 is first reached by a skin thickness of 9.0 mm. It is observed from the results shown here, that
the admissibility for the design parameters, i.e., the reaching of at least one stringer, is less problematic
for the wing structure due to small stringer pitch b. Although the design parameters are marked as
admissible, the inspection interval for the design parameters may still be small, see, e.g., Fig. 12b.
This is a notable difference to Scenario 2, because for the fuselage crown area inspection intervals (for
short flights of 1.5 h) were high for parameter combinations that did not even reach the first stringer.
The calculated inspection intervals for Scenario 3 are generally lower than for Scenario 2 simply because
the flight time is thrice as long. Due to the smaller stringer pitch b for the wing, the crack tips grow
beyond multiple stringers more easily. The 2-bay-cracks in Fig. 10 for 7, = 8.0 mm have all reached
the second stringer (not counting the central broken stringer) for b, = 80 mm and partdially (i.e., with
higher L1, for by = 90 mm and b, = 100 mm. For 1, = 10.0 mm, the second stringer is reached for
all parameter combinations except for b, = 150 mm. For b = 80 mm and b = 90 mm, even the third
stringer is reached. As already mentioned, the second stringer has only been reached for one parameter
combination of Scenario 2 in Fig. 9. Furthermore the influence of the change of the skin thickness
1, on the inspection interval is not as high as for Scenario 2. This is due to the fact that an increase of
the fuselage skin thickness has a greater impact on the second moment of area than an increase of
the wing skin thickness. Thus, the stress is strongly reduced (see values for max stress given in Figs 9 and
12) for each increase of thickness of the fuselage resulting in gains in the inspection interval. Note that
the spar thickness of the wing box equals the stringer thickness #, which explains the stronger influence
of the thickness ratio 7/t on the inspection interval for Scenario 3 than for Scenario 2.

The influence of the variation of material parameters in Eq. (6) and the Wheeler retardation
exponent m,, of Eq. (10) is shown in Fig. 14, instead of showing different real materials. The applied
material parameters are normalised by their respective reference values for the 2024 T3 aluminium alloy.
The results emphasise the relevance of a scatter factor in damage tolerance analyses. Even small changes
in the material parameters will cause big differences in the calculated inspection intervals, e.g.,
a deviation of the critical SIF K, of 15% results in a change of the inspection interval of 36% (2-bay).
The other parameters are fixed within a calculation, i.e., the material of one batch is assumed to be
perfectly homogeneous. With respect to load sequence effects, the variation in the retardation exponent
is crucial, and it can be seen from the case of m,, 0 what happens in crack growth computations without
retardation for such a scenario. Although the stress peaks are not very pronounced in Fig. 3b,
a calculation without retardation would lead to an underestimation of the service interval of 29% for
the 2-bay crack compared to a retardation exponent of m,, = 1.
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5. CONCLUSIONS

With the increase of computational performance, a vast amount of models have been developed for
the preliminary aircraft design and structural optimisation featuring a multitude of failure mechanisms,
e.g., strength, buckling etc. However, even sophisticated models lack damage tolerance aspects, see
Section 1, which is due to the high computational effort required for cycle by cycle analyses to obtain
reliable results. Cycle by cycle analyses are necessary because the variable amplitude load history
experienced by aircraft must be regarded to consider load interaction effects, such as retardation, which
are very important for the inspection interval of metallic components [28].

Therefore, a model is proposed in this paper that is holistic in the sense that it features many
parameters that makes it applicable to various sections of an aircraft and that is requiring low
computational effort, which makes it suitable for integrating damage tolerance issues into preliminary
aircraft design and structural optimisation models.

Different approaches to reach the reduced order are shown in the different scenarios. It is obviously
so that the appropriate way to achieve a good result is heavily linked to the question, how many criteria
interact/compete in establishing the result. Three realistic scenarios for a BAE-146-like aircraft are
investigated, featuring the fuselage side panel (Scenario 1), the upper fuselage panel (Scenario 2) and
a lower wing panel (Scenario 3). These scenarios are relevant for aircraft design, and results from
a damage tolerance design point of view are presented.

RSM is used to predict the endured load cycles and the admissibility of the configuration
(2-baycrack) for Scenario 1 via linear regression and SVC, respectively. Predictions for the classification
problem, i.e., the admissibility of the configuration, have a mean accuracy of approximately 99% for
a dataset that is not included in the training dataset. The accuracy of the prediction is reduced near
the decision surface, but nevertheless good prediction accuracy is obtained. It is expected that using
additional points outside of the parameter space for training would improve the predictions by
the RSM. Predictions for the endured load cycles via linear regression have been combined with the SVC
model, i.e., the function used for the linear regression is chosen based on the output of the SVC model.
It is assumed that using multiple polynomials for fitting would enhance the predictions of the endured
load cycles.

For the upper fuselage panel close to the wing parameters of ¢, = 3.0 mm and b, = 200 mm or below
result in an admissible configuration with an inspection interval of 12,000 flight cycles of 1.5 h each.
The results shown for short flights such as these indicate that the problem when lowering the skin
thickness is the fulfilment of the 2-bay-crack criterion and not the decline of the inspection interval.
Since the stringer pitch is typically smaller for the lower wing panel, the 2-bay-crack residual strength
criterion is fulfilled also for low skin thicknesses. Therefore, the results show that a high wing root skin
thickness is mainly useful to increase inspection intervals, where a reduction in mass of the wing root
arguably might be more efficient for cost reduction than to increase the inspection interval. A wing skin
thickness of 7, = 10.0 mm results in inspection intervals above 4,000 for most parameters. While most
parameter combinations for the wing reached the second or even the third stringer, only one
combination reaches the second stringer for Scenario 2. It should be noted that the calculated
inspection intervals would decrease, when the critical crack length is evaluated by means of comparison
of the residual strength and the stress at limit load. Also, the effect of the eccentricity of the stiffeners
is neglected in the present study.

The Wheeler model applied for retardation effects in this paper is surely relatively simple, but it
provides a good insight for the purpose discussed here. A much more elaborate method would be, e.g.,
the PREFFAS model, which is also included in the code developed here.

The results shown here have also been presented at the Aerospace Europe Conference 2021, in
Warsaw, Poland.
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